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SUMMARY

The results of pressure-distribution measurements made during
high-speed wind-tunnel tests of .atapered wing of NACA 230-series
airfoil sections are presented for angles of attack ranging from 0.2°
to 21.2° and for free-streem Mach num’’ersranging from O.2 to about 0.7.

The peak values of minimum pressure coefficient attained were
found to correspond b local Mach numbers of 1,2 to 1.4 exoept at
angles of attack near the low-speed stall. The highest local Maoh
numibermeasured was 1.55.

~ most cases noticeable flow separation was indiaated O* at
stresm Mach numbers exceeding those at which peak minimum pressui’e
coefficients were reached.

At large angles of attack correspending to those very neez the
low-speed.stall there was some indication that the flow about the wing
broke down when the critical pressure coefficient was reached.

A comparison of measured end calculated chordwise pressure dis-
tributions for several stations along the span showed satisfactory
agreement for purposes of structural design up to the critical Mach
number. -

13T!RODUCTION

.- ‘,

A knowledge of the magnitude of gurface pressures and their.
distribution along the chord snd span of wings at high speeds is
required for propr structural design. Because of the lack of an
adequate theory for determimtmg the pressures on airfoils at super-.
critical speeds, the required information must be o%tained mtirely
by e~erhnent. The purpose of the present paper, which gives the
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detailed results of extensive presfmr,e memurem.nt~ over a +=~ered
wing of NACA 230-series airfoil sections, is b add to the efist-
amount of hi@-speed pressure-distributiondata, which are very
limited.in extmt, particularly for finite wings.

The pressure-distributionmeasurements reported herein were
made during tests in the Im@.ej 16-foot high-speed tunnel conducted
primarily to detemnine the effects of Mach number on maximm lift
and spanwise load distribution of a tapered win~ of NACA 230-series
airfoil sections. The force measurements and the spanwise load
distributions obtained.from the pressure measurements presented
herein were reported in reference 1,
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SYMBOLS

free-str-epeed of sound, feet per second
.

local speed of sound, feet per second

aspect ratio

corrected angle of attack of root section (section at plane
of symmetry), degrees

wing span, feet

airfoil chord, feet

section profile-dra~ coefficient

section normal-force coefficient

(JIIwing lift coefficient ~

ratio of specific heat at constant pressure to specific heat
at constant volume

wing lift, younds

three-dimensional lift-curve slope, per radian

two-(khaeneionallift-curve slope, perradian

.
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free-stream

3

Mach number “(Vo/ao’)”;” ‘ ‘ ‘:”’;“:

lo6a1’.Mach number (V/a) :, :.,
. .

critical Mach nkaber (v&ue of- M. when M first,reaches

a,v$lt.leof Idty) ‘ ,“. ,
,.

.,
.

free-stieaiistatic prbssyre; pounds per squarefoot . ..”,-

local static pressure, pounds per,sq~~e foot ... .
. .

.,
.. .

., .,
.,.

,( )P “ PO
pressuri’coefficient ——

$10
., ,.,

,,

critical pr,essure~coefficient (v,alueof P corre&-o.@ing
to M=l.0) ,..

,,

,,

press~e coefficient co&espopdi& to m,ximum local velocity
,,,,

free-stream

free-stream

mass density, slugsper cubic.foot

dynamic pressure, pounds per

ting area, square feet

free-stream velocltyj feet per second

local velocity, feet per second.. .

chordwise distance meamr”ed from Ieeding

spantise distance measm’ed fr~ ,s?k.neof
.,

Subscripts:
.

,.
,. ,,

c compressible :

i incompressible .. . . ~ , ‘

u upper surface

L lower surface “ . , ‘“.,

.,

square foot (b?
..,.

*e, feet “ ‘
symmetry, feet”r

#

.. . ,-.,
., -.

..

,,

. .



APPARATUS AND METHODS- ‘“.”’” ‘
.

Tests were conducted in the Langley ~6-fo~t highkspeed tunnel. ,,.
The wing tested had an aspect ratio of 6, a taper ?atio ‘of.26no
dihedral, 3.18° sweepback of the quarter-chord line, and 4.2 of
uniform geometric ‘%hout-;--The wing had an NAOA 23016 airf’o~l .
section at the root and an NACA 23009 airfoil section at the con-
struction tip. A diagrammatic sketgh showing the”prindipal Mmen-
sions of the vi~ is @ven in figure 1,

. ...,. ,.

Thirty-three pressure orifices were distributed over each of
SiX wln& sections, the spanwise.locationaof which are given inn”“ ‘“:
figure 1. Also shown in figure 1 are &he’chordwls@ locations of
orificef3over a typical secticm.

.,

I?ressurefm%es connectin$ the orifices on the wing with several
multiple-tube manometers in the test chqmber were brought out of
the rear of the win~ through a boom mounted ri.gf~ to the wing

.

and a movable strut. This arrangaent my be seen ;n figure2,
which is a photo~aph of’the wing mounted in the tunnel for the
Pressure-distributiontests. 2ret3suresindicated by the manometers

,-

were recor@d photographically. For a more detailed description
of the model and the apparatus, Bee reference ‘1.

TESJX3

Most of.the test runs were made with the angle of attack held ..

constant while the tunnel speed was varied from about lx miles pm..
hour to the maximum speed obtainable (not choking speed), which fcm
wing anglea of attack between 0° and 4° was ap’proximtely 5X) miles
pev hour. The correspondingranse of the freq.-stre.amklqchnumber
was from 0.20 to about 0.70. The Rej’noldsnumber varied from 3.OX 106

tO 8.2 X 106, &tich corresponds roughly to that of a full-scale “
fighter airplane flying at the test Mach muibers at altitudes of ‘ c
about 35)000 to 40,000 feet. At the hi@est angles of attack the.
maximum obtainable tunnel speed was about 460 miles per hour, which
correspczudsto a Mach number of 0,625. A few additional test runs
were made with the tunnel speed held conwtant while the an@e of
attack was varied.in the re@.on-near mximum lift. The angle-of-
attack range covered in the presmre-distribute.ontests was approxi-
mately from 0° to 21°,

.

Some oflthe tests were made at angles of attack Ofa.s” and 6.7°
to determine the distribution of profile dra~ aCrOSS the spin. For
these tests the pressure tubes an~.the traili~ boom were removed
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from the wing, and a rake of total-pressure tubes was installed on
the vertical strut do~mstream from the wing. With this apparatus,
surveys of the wing wake were made at various ‘pointsalong the span.
The positicm of the rake was kept in a plane perpendicular to the
tunnel air stream and consequently the distance of the rake from the
winfjtrailing edge varied from about 1/2 chord at the root to about

l; chords at the tip.
,’

..

CORRECTIONS

. . . .

Angles of attack given in the present paper ~fig. 3) have been
corrected for tunnel-wall. and.other effects, as explained in detail
in reference 1.

Supportin~ struts.-“The effect of’the supporti~ struts was to
increase.the effective velocity at the tins posit~on. A ca~bration
of the tunnel with the struts,in&talled bu:’with the wing removed
showed that the increase in velocity varied from about 4 yercent
near the struts to about-2 percent at the center of the tunnel. A
mean value of effective vblocityj weighted according to the wing
area, was chosen, which represented an over-all correction of about
3 percent. Cori*espondingvalues of”-staticprerxn.weand dyn~c
pressure were used in ccmputizq=jpressure coefficients from the
measured static ~ressures on the wing. This correction affects all
data in figure 4 and the values of Cn in:figures 5 and 6.

Because of the nonuniformity of the velocity across the tunnel,
the minil?mmpressure coefficients shown in figure 7 for the wing
statiml nearest the struts (station 4) are in error from this source
by about 5’percent at a = 0.2° and by about 2 percent at a= 17.5°.
At this station’the minimum pressure coefflcibnts as presented are
negatively too large. At station 1 (near the center of the tunnel)
the minimum pressure coefficients as presented are ne~tive~ too
s~ll~ and.here the error is about half that quoted for station 4.
The errors at Stations 2, 3, 5, and 6 are smaller and the errar in
minimum pressure coefficient at these stations is of the order of
1 percent for all angles of attack.

Tunnel-~@l interference.- Neither the pressure coefficients
nor the stream Mach numbe~aye been corrected for tunnel-kall
interference because of some uncertainties in the application of
corrections tcithe pressure data for the present case of a relatively
large finite wing in a circular tunnel; also, a check of the order
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of Mgnitude of the errq~ ~volved.by the methcd.s””ofreferences 2
and 3 indicates that these cmkQrs do zwt.sigd.fioantly mi?fwt the
conclusions reached. .“

The principal errors arise from the increase in effective
velocity at the wing position due to constriction of the tuunel ly-
the large wing wake at hi@ &w@es of attack and h3.ghMach nunlers
where the flow is lar~e~v separated. As low as the flow over the
wing WS smooth, the errors in pressure coefficient and Mch n@er ,
from this source were found to be negligible. W@er the conditions
of strong shock and extensive flOW separa~on occurring at-the highest
test angles of attack and Mach numbers it wss determined that the
indicated dynamic press~e and Mach pumber were too low by as much
as 4 percent and 2 percent, respectively. The test point on the
curve of minimum preesure coeffj.cientagainst Mach number in
figure 4(j), giving a pressure coefficient of -2.00 at M. = 0.622,

iq representative of data obtained ~d.er these extreme conditions.
For this point--it-is probable that the.minimum pre8sure coefficient
Is negatlve3y too large by,about 6 peltcent.

Since negative presswo coefficients are too lar~e negatively
and stream Mach numbers are too low, local Mach numbers are affected
by constriction to a much smaller extent than the gresmxbe coeffi-
cients as illustrated by the followin~ W.mprfcal izcample: ,.

The equation relattng local Mach niu~ber,‘str4amMach nimher,
and pressure coefficient for isentro@.c flow is

,’

M. 2

?’-1

Substitution of the

I

y“1
,,

1 7-

[( -)1+%’i220

values of pressure com?ficient and Mach number
previously given (P = -2.00, Ma . 0.622) in this equation gives a

value of local Wch number o&l.32. If the stream ~’ch number is
increased by 2 percent (corrected M. = 0.635) and the presqure

“

coefficient is reduced numerically by 6 percent’(corrected P..-88)8)
and these corrected values @e substituted in the equation,,a va3.ue
of local Mach number of 1.31 is obtained. The difference between
corrected.and uncorrected local Mach number is seen to be less than
1 percent.

.
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RESULTS AND DEZTJSSION

.

Wing lift characteristics (from force tests).- The lift curves
for the wing at various Mach numbers as determined frcm the force
tests reported in reference 1 are given in figure 3 for purposes of
correlation,

l?ressurecoefficients and section normal-force coefficients.-
Chord.wisepressm-bion diagrams for stations 2 and 3 (see
fig. 1 for locations) are presented in figure k for a range of angle
of attick and Mach number. The variations with Mach number of minimum
pressure coefficient and section normal-force coefficient as obtained
from integration of the pressure-distribution diagrams are also shorn
in figure 4. In ordev to prevent possible confusion over two dis-
tinctly different minimum values of pressuro coefficient the following
definition of terms is offered: %inhmmpressure coefficient” refers
to the largest negative value of pressue coefficient measured at a
particular spanwise station on the wing for any angle of attack and
Mach number. This minimum quantity may’be obtained from the pressure-
distribution diagrams of figure 4. The term,l~eakmtnimum pressure
coefficient” refers to the largest negative value attained by the
curves of minimum pressure coefficient plotted against Mach number,
which are also @ven in figure.4.

Stations 2 and 3 wmre chosen for discussion because minimvn
pressure coefficients and maximtvnnormal-force coefficients occurred
in this-region on the wi.n~, The position of these minimum and maYJ~
coefficients shifted from station 2 to station 3 as the angle of
attack was increased from about 2° to that value corresponding to
the stall; at cc. 8.90 the coefficients were about the same in
magnitude at both of these stations. Compare fi~es 4(&) and 4(e).

,The curves of minimum pressure coefficient ~inst stream Mach
number for most of the angle-of-attack range (fi.Ss.4(a) to 4(6))
show that local Mach numbers i~~creasedand local pre~swres decreased
with increasingfree-stream Mach nuuiberin the usual mawer until
peak minimum pressure coefficients which corresponded to local Mach
numbers from 1.2 to 1,4 were reached. Zh general, max~um local
Mach”nwnbers and peak values of minimum pressure coefficient did not
occur at the same free-skreamlfach number; maximum local Mach numbers
were reached at somewhat hi@er stream llechnwibers than peak values .
of minimun pressure coefficient. The maximm value of local Mach
number msasured was about 1.55 (fig. 4(f)).

The evidence shown in f@ure 4 indicates that over most of the
angle-of-attack range noticeable flow separation, as indicated by a
deficiency in pressure recovery near the trailing edge, did not occur



until the stream Mach number’c,~espond$ng to the attainment of Peak
minimum pressure coefficients had been %11 exceeded.. The normal-
force coefficient, however, generally showed some departure from the
smooth subcrlti.caltrend at Mach num~~s only dl.@tly in excess of-
the critical, even thotigh”littleif:a~,f16w.se@ration was indL-
csted. For an example o~.be@ninS separation see the ptiessme dis-
tribution for aMechnum~er of 0.651 infigure k(f). However, the
possibility of the occurrence of a local separation c@ined tg the
reg$on of ccunp~essionehoqk at lower supercriti.calMach numbers
cannot be excluded (reference k);’ . “. ~

At angles of at@ck””ver;rnear the low-speeh e~all (fig. 4(J))
the rather meager data appear to shoy that whemthe critlcgl pressure
coefficient is reached the flow can tolerate l&ttle if any shack
disturbance without brea~ dqwn. The results on thts wins pre-
sented,in reference 5 more stron&. mrrobotiate @is indication...

The subcritical rise innormal-forco coefficient with h!ach
number has been compared with that @yen by the small-disturbance
theory as applied to the finite w3X by A. D. Young in aBr~tish
paper of.limited distribution. The equation fur.the ].mtioof-wrmal-
force coeff3.cientnt any eubcritica.1Mach number-to normal-force
coefficient at M = O is as follows:

.( )
Cnc mc % Iflo + A

c i— ,=— ———--vumi
%1 mo~ mo~ +2-CA

.. .f
,.

,. .

.: ,. .. .

,: .

Cnc

G“* [01
~l::n.f,- .

mot
—- + 7A

(--2
--”

1- ,.

tvo-dimensional lift-curve slope ~i

was taken as Vfiatfor thin aiz*foils””(2rr),Upon substltuti.onof this
value for ~1 the equation”became ‘

.. .
,,, ,.

. Cn.

c A+2 “ ., -—~
Cn
i iA’1,-#+2

.
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As may be seen in figure 4 the curveIscalculated from the fore-
. going equa~ion.arp in excellent agreement with the experimental

, normal-forcedcoeff~cient curves up to the force-break Mach number,
beyond which large difference between the experimental and theo-
retical results are sho~. ,

Contours of pressure coefficient over the upper swrface of the
win~ are shown in.figures 5 and 6 for several Mach numbers and for
an@.es of attack of 2.3° ard 6.7°. Ihcluded in these figures are
curves showing the spanwise distribution of normal-force coefficient
and profile-drag coefficient for correlation ‘withthe data given in
figures 4(a) and 4(c).

These fi~ures serve
ahead of the compression
increasi~ Mach number.
Mach numbers (figs. 5(f}
about two or three times

to show how the region of supersonic flow
qhock or shocks,formed and e~qnded with
Of interest i= the fact that at the highest
and 6(d)) the drag coefficient increased to
its low-speed velue, while the normal-force

coefficient remained essentially,unaffected.”

Co??iparieonof theoretical and,experimental chordwise pressure— -
distributions,- T-m-d calcul~te& chordwise pressure dis-
tributions over the wing sections at six spanwise stations are given
in figure 7 for a range of angle of attack an&Mach number. +

The chordwise pressure distributions were “calculatedby the
method of reference 6 for each section so that the lift coefficients”
were in agreement with those obtained experimenta~ly at a Mach
number ofabout 0.2. The calculated pressure co~ff}cients were then
extrapolated to higher Mach numbebs by the von Kmmm-Tsien relation,
which is recolmnendedin reference 6.

The von K&m&-Tsien.theory, of course, is not valtidat Ikch
numbers higher than the crittcal, but the comparison is continued to
supercritical speeds to show the departure of the measured flow from
that predicted by the first appro~titia of the theory. it should
be noted that such calculations lead to the impossible condition of
pressure coefficients which correspond to pres&ures less than absolute
zero.

At an angle of attack of 21.2° (fig. 7(f)) the wing was completely
stalled at all Mach numbers, and consequently the calcul&ted pressure
distributions are not given for this conditian.

An examination of figure 7 shows that for purposes of structural
design the u.ethodof reference 6 gives results in satisfactory agree-
ment with experiment at Mach n@ers up to the critical.



Pr@ssure distributions at sections ve~ near the whg tip are
undoubtedly distorted by the flow around the tip.

.
For the test wing,

however, the area so affected,ig small, as Widenced by the very small

distortion at station 6
($ ‘00’4)”

‘CONCLUSIOfiS

“., . .

1. Peak values of minimum pressure coefficients were found to
corresyand to local Mach numbers of’1.2 to 2.4. local Mach numbers
generally continued to incroese with jmcreasing stream Mach number
beyond that at which peak minixnunpressure coefficients occurred.
The ms.ximunlocal Mach nunbermeqsured was ebout 1.55.

2, ~ general no noticeable ~i.cation of flow separation was*
o%served until the stream Mach nunibercorresponding to the at&d.n-
ment of peak presspre coefficients’h@ been well exceeded.

39 At er@es of’attack very near tlmsecorrespcmding to the
low-epeed.stall therv was some j.ndicatdanthatthe flow alxmt the
wing broke down when the critical pressure coefficient (localMach
number = 1.0) was reached.

.

.

4. The measured rate of increase with Mach nwnber.of secticm
normal-force coe~ficient at subcritical values of Mach ntier was in
excellent a~eement with that predicted from the emall-disturlmnce
theory. Iar.gedifferences between the theoretical emd ex~erinmntal
rostits occurred at high supercritic~l speeds. “ “

5. The method used for calclllatingthe chordmtse pressure dls-”
tribution gave results in satisfactory agreement,with experiment for
the purpose of structural design at Mach numbers ~ to the critical.

Ia.ngleyMemorial Aeronautj.calLaboratory ,,
National Advisory CoNtte,e for Aeronautics

Iar@ey Yield, Vs., May ~, 19147

.
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Figuxe 2.- Rear view ofwing mounted in the tunnelfor the pressure-

distributiontests.
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Fig. 4C NACA TN No. 1390
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Figure 5.— Contours of pressure inefficient over upper surface of

fighter-type wing and spanwise distribution of normal-force and

profile - drag coefficients as affected by compressibility. a= 2.3°.
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profile- drag coefficients as affected by compressibility. c= 6.7°
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Figure 7- Measured and calculated pressure distributions

about fighter- type wing at various Mach numbers ,
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